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Fig. 4 Off-surface flow visualization for the standard nose with strake
A-F at strake angle of —45 deg. Cross section a) 1-1 and b) 3-3.

integration. Results from three different strake roll angles at
a = 50 deg are shown. The sectional side force coefficients
were scaled by their respective total CY (integrated between
</> = ± 180 deg). The results illustrate that approximately 70%
of the control power are from the region below the primary
flow separation. The control power resulting from the leeward
flow is relatively small. The yawing moment is thus generated
mainly by asymmetric pressure distribution in the primary
flow region. Similar results were obtained for the shark nose.

C. Flow Visualizations
Figure 4 shows the cross-sectional vortex flow patterns of

the standard nose with strake A-fwd at a strake angle of - 45
deg. At this position, the strake generates a vortex on the
right side. At cross section 1-1, three vortices can be observed:
one generated by the strake, and the other two are generated
at the tip of the forebody. The resultant vortex positions are
determined by the relative strengths of the vortices. The vor-
tex from the A-fwd strake is situated farther from the surface
than the forebody vortices. The strake vortex is also located
closer to the right forebody vortex than the left one, and has
the same sense of rotation as the right one. The right vortex
is therefore "lifted" from the surface. At cross section 3-3,
the asymmetry is amplified. The asymmetry in the forebody
vortices is thus reversed from the baseline asymmetry that
features a "high" left vortex.

At the strake angle of +45 deg, the strake generates a
vortex on the left side. The effect is the opposite of that at
(/> = 45 deg. The asymmetry in the forebody vortices is thus
increased from the baseline asymmetry.

The surface flow visualizations illustrate that the secondary
flow separation near the nose tip can be strongly affected by
the strake vortex, and there is a strong correlation between
the secondary pattern and the vortex asymmetry. The result
also illustrates, however, that the primary flow separation
lines change only slightly when the strake rotates to different
angular positions.

IV. Conclusions
The method was shown to be effective in producing control

yawing moments over a wide range of angles of attack. The
strake function by acting as a vortex generator, and a vortex
is an effective means of controlling other vortices. The strake
generates vortices with different trajectories and strength as
it rotates to different angular positions on the nose boom.
The strake vortex interacts with the forebody vortices near
the nosetip. The forebody vortices readjust their orientations
due to the interaction. Different velocities and pressures are
thereby induced on the two sides of the object by the asym-
metric potential vortex flow. Controlled side forces and yaw-

ing moments of different magnitudes are therefore generated.
The surface pressure integration shows that the side force is
generated mostly in the primary flow region.
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Introduction

I N the design of future aircraft, airframe flexibility is a
concern from the strength, control, and performance re-

quirements, which need both structural and aerodynamic sen-
sitivity analysis capabilities. Structural sensitivity has been
developed over the past two decades for sizing (thickness,
cross-section properties) and shape (configuration) variables.1

Although aerodynamic sensitivity has not existed until re-
cently, a sensitivity does exist for aircraft in subcritical com-
pressible flow,2 which incorporates disturbances of thickness,
camber, or twist distribution. Yates3 has proposed a new ap-
proach that considers general geometry variations including
planform for subsonic, sonic, and supersonic unsteady, non-
planar lifting surface theory.
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Aeroelastic sensitivity has existed for two decades with
structural sizing variables,4 which affect the structural stiffness
and mass distribution of the airframe, but not its basic ge-
ometry. Thus, the sensitivity calculations of the dynamic
aeroelastic response have only been available for structural
sizing parameters.

In a recent study, Kapania et al.5 obtained analytically the
sensitivity of a wing's flutter response to changes in its ge-
ometry. Specifically, the objective was to determine the de-
rivatives of flutter speed and frequency with respect to wing
area, aspect ratio, taper ratio, and sweep angle. The study
used Giles6 7 equivalent plate method to represent the wing
structure. The aerodynamic loads were obtained using Yates8

modified strip analysis to analyze flutter characteristics for
swept and unswept wings.

In another recent study, Kapania et al.9 used an analytical
approach in determining the sensitivity of the aeroelastic dis-
placements and the trim angle of attack with respect to sweep,
wing area, aspect ratio, and taper ratio. An important dis-
tinction between the work of Ref. 9 and that of Ref. 5 is that
in Ref. 9 a more realistic aerodynamic model, FAST (Ref.
3), was incorporated. FAST incorporates a lifting surface the-
ory rather than a lifting line theory used in Ref. 9.

Barthelemy and Bergen10 conducted a study and calculated
semianalytically the sensitivity derivatives of wing static
aeroelastic characteristics with respect to wing-shape param-
eters. The study provided results showing that semianalyti-
cally calculated sensitivities are less expensive than those cal-
culated by the finite difference approach. The study of Ref.
10, however, used Weissinger's L-method for aerodynamic
prediction, as opposed to FAST used in the present study.

This Note presents methods for determining the sensitivity
of divergence dynamic pressure with respect to 1) sweep, 2)
wing area, 3) aspect ratio, and 4) taper ratio. The formulation
is quite general so that it may be used in conjunction with
any aerodynamic and structural analysis packages.

General Equations
The divergence dynamic pressure is found from the eigen-

solution of the system of equations

The sensitivity of the eigenvalue A as given by Lancaster,11

and the adjoint problem

= {0}

[BY]{Y] = {0}

(1)

(2)

where X is the right-hand eigenvector, Y is the left-hand ei-
genvector, A are the eigenvalues, and

[B] = (3)

where [K]~l is the inverse of the stiffness matrix, [A] is the
aerodynamic kernel matrix, and [d{0}/d{C}] is the derivative
of the generalized pressure coefficients wth respect to gen-
eralized displacements as developed in Ref. 9. The divergence
dynamic pressure qD was equal to the inverse of the largest
positive real eigenvalue

qD = I/A, (4)

The divergence dynamic pressures were calculated for the
various wing parameters. The sensitivities of the eigenvalues
were calculated at the base configuration, which is a wing area
of 15 m2, an aspect ratio of 3.75, a taper ratio of 0.5, a quarter-
chord sweep of 5 deg, with a root a() of 5.769, and no twist.

dA
d[B]\

dr J
dr {Y}T{X}

where r is the shape parameter in concern, and

(5)

1 ld{C}]

tel
dr d{C}
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where d[K]~l/dr is calculated as follows:

[*]-'[*] = [/]

and now differentiating gives

(6)

which reduces to the following:

and since qD = I/A,

dr ar

(7)

(8)

where d[K]/dr and d[d{a}/d{C}]/dr are calculated using finite
difference methods while d[A]/dr is calculated analytically.

Results
Figures 1-4 show the sensitivities of divergence dynamic

pressure with respect to wing-shape parameters. The solid
lines show qD vs r, where r is a shape parameter and qD is
divergence dynamic pressure calculated using Eq. (4). The
dashed lines are the sensitivities plotted at the baseline con-
figuration. The graphs show that the sensitivities are very close
to tangency to the solid curves, which indicate good results,
because the exact sensitivities would be tangent to the solid
curves. The graphs show the sensitivities calculated are very
good, even if the baseline configuration changes by as much
as 20% of its initial shape parameters. If a bigger change
occurs in the baseline configuration, the sensitivities should
be recalculated.
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Fig. 1 Sensitivity of divergence dynamic pressure with respect to
sweep at baseline configuration.
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Fig. 2 Sensitivity of divergence dynamic pressure with respect to area
at baseline configuration.

55
50

45
40
35
30
25
20
15

-e— Divergence pressure
- - - - - Sensitivity at 3.75 aspect ratio

1.5 2 2.5 3 3.5 4
Aspect Ratio

4.5 5 5.5

Fig. 3 Sensitivity of divergence dynamic pressure with respect to
aspect ratio at baseline configuration.
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Fig. 4 Sensitivity of divergence dynamic pressure with respect to
taper ratio at baseline configuration.

The calculation of 3[d{a}/d{C}]/dr took the majority of time
in this study. This was due to the fact that d[d{a}/d{C}]/dr was
calculated by a central finite difference method. This required
many calculations of [d{#}/d{C}] in determining the optimal
step size. The evaluation of [d{0}/d{C}] at each configuration
took approximately 35 min, and for every step size two new
calculations were needed, thus consuming the majority of the
time in sensitivity calculations.

It should be noted that the partial differentiation of the
stiffness matrix [K] was obtained using a finite difference
method. Due to the simplicity of coding, d[K]/dr was calcu-
lated using a finite difference method as opposed to analytic
calculation. However, this does not have a major affect on
the study because the main problem is the time consumption
in the calculation of d[d{a}/d{C}]/dr, and not d[K]/dr.

In this study the sensitivities are calculated semianalytically.
However, there has been an ongoing effort at NASA Lewis
Research Center (LRC) to calculate the d[d{a}/d{C}]/dr ana-
lytically. Once this has been done, this study could be used
to validate those results obtained from a completely analytical
study.

Conclusions
In the design phase of an engineering system, it is very

important to know how perturbing a certain input parameter
will affect an output variable of concern. These sensitivities
can help the designer optimize a configuration with respect
to certain parameters. If the configuration has changed by a
certain amount, the sensitivities are recalculated and may
need to be recalculated numerous times. Currently, to obtain
these sensitivities, a finite difference method is used, but finite
difference methods can incur truncation and round-off errors,
not to mention the time consumed in finding an optimal step
size. Especially if the function evaluation is expensive or time-
consuming, as was the case in this study.

Due to the time consumption of a finite difference method,
this study questions if an analytical approach can be imple-
mented to calculate sensitivities, specifically the sensitivities
of divergence dynamic pressure with respect to sweep, area,
taper ratio, and aspect ratio. At the time of the study, it was
believed that all the tools necessary to do this were available.
It was found later that the analytical calculation of d[d{0}/
d{C}]/dr is still being developed at NASA LRC. Therefore,
this study falls short of its objective, and the sensitivities are
calculated semianalytically, but this study still proves to be a
valuable tool.

This study takes a step in the right direction in showing that
there is potential of calculating sensitivities analytically. The
time consumed to calculate sensitivities by a finite difference
method can be reduced significantly using an analytical ap-
proach. Also, one avoids truncation and round-off errors that
occur when using a finite difference approach. Therefore, the
analytical calculation of sensitivities provides more accurate
results in less time. In addition, if and when the analytical
calculation of d[d{a}/d{C}]/dr is developed, this study could be
used for validation purposes.
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Introduction

W ING buffet is a result of boundary-layer separation on
the wing. Buffeting in transonic flow regime is closely

connected with the shock-induced boundary-layer interaction,
which can either cause boundary-layer separation beneath the
shock leading to a separation bubble, or result in an early
rear separation due to the increased susceptibility of the post-
shock boundary layer in an adverse pressure gradient.1 Both
types of flow separation cause fluctuations in aerodynamic
forces to stimulate the aircraft structure, and thus lead to
limitations in the flight envelope of the aircraft.

The buffet boundary is the boundary in the lift (or angle
of attack) and freestream Mach number plane separating con-
ditions where the flow is essentially attached and where the
flow is totally separated and dominated by shock oscillations
and large pressure fluctuations. Most of the earlier studies of
buffet were relied on wind-tunnel tests, and the method to
determine buffet for airfoil or wing was approached by looking
for the first slope decreasing in the C,-a. plot. However, many
difficulties to accurately simulate buffeting arise from the ex-
perimental side, which include the rigidity of test models, the
number of influential parameters being too large, lengthy
time, and expensive cost of experiments, etc. A more eco-
nomical and less time-consuming alternative to the determi-
nation of buffet boundaries would be the computational method,
which is adopted for the present study.

Theoretically, the buffet onset of a transonic wing can be
raised if boundary-layer separation and shock-wave strength
are favorably controlled by making appropriate modifications
to the wing geometry. Studies of conventional airfoils2-3 and
supercritical airfoils4 with flaps show that the buffet bound-
aries can be raised appreciably by applying proper flap set-
tings. More recently, Henne and Gregg5 examined the geo-
metric properties of a supercitical airfoil and found that a
finite trailing-edge thickness can provide increased lift and
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also improvement in the wing buffet onset characteristics. To
gain more insight into the possibilities of using geometric
variation as a means for improving transonic buffeting, nu-
merical investigations are carried out to study the perfor-
mance of a twisted wing and that of a step wing with con-
ventional symmetric airfoil sections.

A numerical tool has been assembled particularly for ana-
lyzing the wing buffet phenomenon, which consists of a three-
dimensional grid-generation package and an efficient flow
solver. The latter is based on an implicit finite difference code
for solving the thin-layer compressible Navier-Stokes equa-
tions, using the Baldwin-Lomax turbulence model for bound-
ary-layer calculations. A two-factored flux-split scheme is em-
ployed, which has the ability to compute subsonic, transonic,
and supersonic flows about wings of arbitrary shape with pos-
sible weak boundary-layer separation. A detailed description
of this numerical scheme is referred to in Pulliam and Steger.6

The wing model used for the analysis here is based on the
ONERA M6 wing7 configuration shown in Fig. 1. This un-
twisted wing of symmetric airfoil sections was developed es-
pecially for the experimental support of three-dimensional
transonic and subsonic flowfield studies, whose extensive da-
tabase of surface pressure distribution is available over a range
of transonic Mach numbers at angles of attack up to 6 deg.

The computational grids are generated in the C-O topology
(C in the streamwise direction and O in the spanwise direc-
tion). The total number of grids is 195 x 30 x 49. Either
the algebraic or elliptic grid solver may be employed for sur-
face and volume grid generation. Boundary-fitted meshes are
generated with adequate spacing in the viscous sublayer to
accurately resolve the high Reynolds number turbulent flow.
In addition, grid refinements in the shock and wingtip regions
are implemented for solving the transonic buffet problem.

Prediction of Light Buffeting
The light buffeting calculation for finite wings (reference

to Thomas' idea concluded from the behavior of boundary-
layer separation during buffeting) was made by Proksch.8 The
buffeting boundary is determined by taking into account the
differential spanwise loading of the wing. For this purpose, a
buffeting coefficient Chi is introduced, which is directly related
to the rms value of the wing root bending moment

, f Cy(7?)
hi ~ Ji* C

- 77^) dry

in which C is a reference chord of the wing given by

'1 + A 4- A2^
1 + A

(1)

(2)

where A is the taper ratio of C,/Cr, and Cn Cr are the chords
at the tip and root of the wing.

Equation (1) is established by assuming that the fluctuations
of the wing root bending moment are proportional to the
integral, evaluated along the wingspan, of the product of local
lift fluctuations and the distance (17 - r]R) from the wing root.
A further assumption is that the local lift oscillations caused
by flow separation are proportional to the chord length Cs(rj)
of the separated flow at a station of the wing. It has been
shown9 that a value of Chi from 0.08 to 0.1 will coincide with
the measured buffeting boundary. The value Chi = 0.09 is
used here as the criterion for buffet onset based on the slope
method described earlier. In the neighborhood of this value
the slope dC//da consistently starts to decrease as shown in
our computed results for various wing configurations.

Buffet Improvement
Transonic computations for the baseline M6 wing show

that, at buffet onset, some shock-induced separation bubbles


